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ABSTRACT

This work presents the design and feasibility analysis of a 24U CubeSat equipped with a hybrid rocket engine (HRE) for insertion into Mars orbit. The study evaluates the mission architecture, propulsion system and structural requirements for a successful planetary insertion. The hybrid propulsion system is selected to balance efficiency, safety, and compactness within the constraints of a CubeSat spacecraft. A successful demonstration of a CubeSat-based Mars insertion could pave the way for future cost-effective planetary missions as this kind of mission is expected to increase significantly in next few years. The propellants of choice are paraffin-based fuels that may include additives or HTPB at different percentages for performance tuning, and nitrous oxide, a self-pressurizing oxidizer commonly used in hybrid propulsion. The oxidizer over fuel by weight ratio (OF) and related performance parameters are studied using the Chemical Equilibrium with Applications (CEA) software and applied to the design of the thruster system, based on mission requirements in terms of desired delta-V and structural considerations. The system designed has four thrusters and fit the lower level of the CubeSat (2U x 2U x 3U). The geometry of the grain is studied, and initial and final port radius are calculated. An injection system is dimensioned to operate without catalytic decomposition of N2O to simplify the system and reduce weights. The upper level of the CubeSat is used to store the oxidizer with two tanks. A first design, operating at an OF ratio of 2 is proposed. The system meets the mission and structural requirements but has room for optimization. By redesigning the system with an OF ratio of 4, a more efficient HRE can be achieved. This adjustment enhances propulsion while adhering to mass and volume constraints, ensuring remaining propellant for future CubeSat maneuvers.
1. Introduction

The rapid advancement in small satellite technology has enabled CubeSats to extend beyond low Earth orbit (LEO) into deep space missions 
 ADDIN EN.CITE 
[1-3]
. Mars exploration presents an exciting opportunity for CubeSats [4] to support scientific discovery at lower costs compared to traditional missions.

Mars has always been a focal point for space science. As the fourth planet in the solar system, it is, along with Venus, one of the closest celestial bodies to Earth, aside from the Moon. Unlike our satellite, Mars has an atmosphere and a more diverse soil composition, making it an appealing target for exploration by numerous space agencies and organizations 
 ADDIN EN.CITE 
[5-7]
. Historically, The United States, through NASA, and the Soviet Union, through the Mars program, were the pioneers in Mars exploration. They were later followed by programs from Japan, the European Union, India, the United Arab Emirates, and China. Nowadays, private companies are also pursuing the exploration of the Red Planet. 
The exploration of Mars began with Mariner 4 in 1965, the first probe to perform a flyby of the planet and capture the first-ever images of another world from space. In 1971, Mariner 9 became the first spacecraft to orbit another planet, gathering crucial data on Mars' atmospheric thermodynamics, surface composition, and topography. Viking 1 followed as the first successful lander, transmitting images of the Martian surface, collecting samples, and analyzing them for composition and potential signs of life. In 1997, the first rover, Sojourner, arrived on Mars with Mars Pathfinder mission, spending more than 80 days exploring the terrain, capturing images, and measuring the planet’s thermodynamic and chemical properties. Successful missions that followed include the Spirit, Opportunity, and Curiosity rovers, as well as the ESA’s ExoMars program.

It is worth mentioning that the Mars Cube One (MarCO) mission [7], launched in 2018, featured two 6U CubeSats that performed a flyby of the Red Planet. As seen with LEO missions, it is reasonable to expect that more Mars missions will be designed using a CubeSat-based approach. Like MarCO, CubeSats may serve as support missions for landers or operate as standalone missions and, following historical trends, it is foreseeable that after flyby missions, the next will focus on orbiting Mars.

Within this framework, this work aims to develop a propulsion system based on hybrid propulsion, capable of inserting a 24U CubeSat into Mars orbit. A 24U CubeSat is chosen for its balance between payload capacity and feasibility. The structure is composed of modular aluminum cubes, each with a 10 cm form factor, representing 1U (Figure 1). Externally, the structure can accommodate deployable components, such as solar panels, or provide space for positioning thruster nozzles. 
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Figure 1. 24U CubeSat structure.

To achieve the mission's objectives, hybrid propulsion is utilized. Unlike traditional monophasic propulsion, where both the fuel and oxidizer are in the same state (either solid or liquid), hybrid propulsion relies on the combustion of propellants stored in different phases. This approach allows for leveraging the advantages of both systems while mitigating their disadvantages 
 ADDIN EN.CITE 
[8-10]
.  

Storing propellants in a solid phase helps optimize volume. However, if both fuel and oxidizer are combined within the grain, as in solid rocket motors (SRM), thrust control and shutdown during the mission become impossible. Additionally, SRM grains increase handling costs due to the risk of accidental explosions, requiring strict safety precautions. On the other hand, liquid rocket engines (LRE) store propellants separately, improving safety but necessitating complex feeding and mixing systems. This added complexity increases the risk of failure due to improper propellant mixing or component failure.

To balance these challenges, hybrid rocket engines (HRE) are employed: the fuel is stored in solid form as an inert component directly within the combustion chamber, while the liquid oxidizer is injected as needed. This configuration allows for thrust modulation and engine shutdown, making the system inherently safer than an SRM while being less complex than an LRE.  

However, HRE have disadvantages compared to SRM, including lower regression rates (resulting in less thrust), reduced volumetric efficiency due to SRM’s inherent compactness, and combustion inefficiencies caused by mixture ratio shifts during operation, an issue uncommon in monophasic propulsion. Additional drawbacks include fuel residuals and other combustion-related phenomena. Moreover, HREs generally exhibit lower specific impulse compared to LRE.

The primary objective of this study, is to design a hybrid rocket propulsion system for a 24U CubeSat that enables orbital insertion around Mars. Key considerations include propulsion efficiency, structural design, propellant selection, thrusters design and performances evaluation. 

2. Material and methods

2.1 Fuel and oxidizer
Paraffin-based fuels are widely used in hybrid propulsion systems due to their high regression rate and advantageous combustion properties. Unlike traditional hybrid propellants, paraffin wax exhibits a liquefaction behavior during combustion, forming a thin molten layer that enhances fuel-oxidizer mixing and significantly increases the burn rate 
 ADDIN EN.CITE 
[11-13]
. This results in a regression rate up to three to five times higher than that of conventional polymer-based fuels like hydroxyl-terminated polybutadiene (HTPB) [14]. Additionally, paraffin is non-toxic, cheap, and easy to handle, making it a practical and safe choice for space applications. Karabeyoglu [15, 16] developed a regression rate model for liquefying fuels. The equation describing the evolution of the port radius [image: image3.png]


 as a function of burning time [image: image5.png]


 is given by (Equation 1):
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A drawback of paraffin is its fragility, which can lead to cracking during combustion, resulting in ununiform burning [12]. To mitigate this issue, additives are incorporated to enhance the fuel's elasticity. In this case, HTPB proves beneficial [17].
As first iteration the value for the combination of propellant paraffin/N2O were retrieved from literature and used for the design: the constant [image: image8.png]


 is 0.1781 mm/s and the constant [image: image10.png]


 is 0.5, according to [15]. [image: image12.png]


, the number of ports is posed equal to 1 while the initial port radius [image: image14.png]


 is calculated to give an initial [image: image16.png]


 of 250 kg/s/m2, which is a typical value for HRE. The mass flow ratio of the oxidizer [image: image18.png]


 will be determined later. The density is 900 kg/m3, derived from literature [18]. The grain length will be determined using a caved cylindrical geometry, considering the initial and final port radii along with the required fuel volume.

Nitrous oxide (N₂O) is a commonly used oxidizer in hybrid propulsion systems. As a self-pressurizing liquid, it simplifies system design by eliminating the need for additional pressurization hardware [19] and can autonomously decompose after heating [20]. Its relatively high density enables efficient storage. Compared to oxidizers like liquid oxygen (LOX) or nitrogen tetroxide (N₂O₄), nitrous oxide is safer to handle, as it is less reactive and more stable. Additionally, its ability to undergo exothermic decomposition makes it possible to use nitrous oxide also as propellant for the ignition system, avoiding extra tanks. The density is 744.5 kg/m3, derived from the National Institute of Standards and Technology (NIST) materials data repository [21]. The tank pressure is evaluated from NIST properties and storage temperature (25 °C) in order to maintain it in critical conditions. This corresponds to 56.6 bar.
2.2 Mission requirements and design
The schematic representation of the propulsion system is shown in Figure 2, highlighting its main components.

[image: image19]
Figure 2. Schematic representation of the HRE.

The chamber pressure [image: image21.png]


 was set at 20 bar, and the external pressure at 0.01 bar, to represent the operating conditions in Mars orbit. The combustor was designed assuming infinite area, equilibrium flow conditions, and a freezing point within the chamber.

A preliminary mission analysis conducted by [22] determined that the required [image: image23.png]AV



 for Mars orbit insertion from an Earth-Mars transfer trajectory is 834 m/s with a burning time of about 25 seconds.

The initial mass [image: image25.png]


 of the spacecraft is assumed to be 20 kg, while the propellant mass has to be maximum 50 % of the initial mass to take into account structural masses such as the case for the combustion chambers, the oxidizer tanks, the nozzles, the CubeSat structure.

NASA's Chemical Equilibrium with Applications (CEA) code was used to evaluate the efficiency parameters of the propulsion system based on combustion chamber pressure and propellant properties across different OF ratio. Ideally, combustion should take place at stoichiometric conditions, as they yield the maximum specific impulse ([image: image27.png]Isp



). For the paraffin/N₂O combination, this corresponds to 282 seconds at an OF ratio of 9.1. According to Tsiolkovsky’s equation (Equation 2), and Equations 3 and 4, this corresponds to the minimum required propellant mass.
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The behaviour of [image: image33.png]Isp



 as a function of the OF ratio is shown in Figure 3. It can be observed that operating at an OF ratio lower than the stoichiometric value results in a lower [image: image35.png]Isp



. For instance, at an OF ratio of 4, the [image: image37.png]Isp



 decreases to about 247 seconds, and at OF ratio of 2 it is about 230 seconds. Consequently, achieving the same mission objectives (in terms of [image: image39.png]AV



) would require a greater amount of propellant.
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Figure 3. Isp as a function of the OF ratio obtained with CEA for various propellants.

However, one advantage of operating in a fuel-rich regime is the reduced oxidizer mass, which translates into a smaller oxidizer tank volume. This reduction in tank size leads to a decrease in this subsystem weight, potentially offsetting the additional propellant mass needed. Decreasing to much the OF ratio may lead to an insufficient [image: image42.png]Isp



 for the mission, thus posing a boundary to this design variable. This can be derived by Equation 2 and the requirement of  [image: image44.png]m_ < 50% m,



. It results in a minimum [image: image46.png]Isp



 required of 122.65 seconds. As a consequence, the OF ratio of 2 is suitable for the mission and it can be verified it requires a fewer oxidizer mass with respect to stoichiometric conditions (see Equations 2 to 6 and Table 1), so it will be used in the design.
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Table 1. Total propellant mass and distribution between fuel and oxidizer.

	OF ratio
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 (kg)
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 (kg)
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(kg)

	9.1
	5.21
	0.52
	4.69

	     2
	6.19
	2.06
	4.13


Besides [image: image57.png]Isp



, other key outputs from the CEA analysis included the thrust coefficient ([image: image59.png]CF



) and the nozzle expansion ratio ([image: image61.png]


). At OF = 2, they result 2.02 and 167, respectively. The design of the fuel grain, combustion chamber casing, oxidizer tank, injector plate, and nozzle was based on CEA data and hybrid rocket engine design equations from Sutton [23]. These were used to determine key parameters, including total impulse [image: image63.png]


, thrust [image: image65.png]


, propellant mass flow rates, masses and volumes, nozzle throat and exit areas and diameters, as well as the lengths of the convergent and divergent sections - assumed to be conical with angles of 45° and 15°, respectively. The relevant equations are presented below:
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For the injectors, the discharge coefficient [image: image82.png]


 is assumed 0.66, the [image: image84.png]) ostream
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= 5.
For the combustion chamber(s), a cylindrical shape is assumed, with its total length determined by the sum of the grain length, the pre-combustion, post-combustion chambers and injector system (each assumed to have an aspect ratio of 0.5 in terms of length over diameter as first analysis). A uniform radius equal to the grain external radius is considered for the chamber. The thickness will be calculated using the Mariotte formula (Equation 22), based on the internal pressure [image: image88.png]


, the material strength [image: image90.png]


, and a safety factor [image: image92.png]


 of 2.5. The selected material is a carbon fiber reinforced polymer (CFRP) with [image: image94.png]650



 MPa. This material was chosen for its optimal combination of strength and lightness [24].
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Besides the result from Equation 22, for both safety and feasibility reasons, no thickness lower than 1 mm will be proposed.
For the oxidizer tank(s), a cylindrical shape with hemispherical caps is considered, incorporating an ullage volume of 5% calculated from [image: image97.png]Vv,

A



 and assuming isentropic expansion between [image: image99.png]


 = 56.6 bar and [image: image101.png]


 using γ = 1.1721 from CEA.

The radius is calculated based on the real solution of:
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 is assumed to be 95% of the total available length (refer to the next section). 

The thickness is calculated using the same approach as before with:
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2.3 Dimensional requirements
The propulsive system must fit within the 24U structure shown in Figure 1, with the upper level (4Ux3U) designated for the oxidizer tanks. This imposes a maximum length constraint of 30 cm, while the diameter depends on the selected configuration. Both single- and dual-tank configurations are evaluated. The lower level is allocated for the combustor(s), with four configurations analyzed, ranging from one to four thrusters (Figure 4). Table 2 presents the geometrical constrains. Note that some margins will be required.


[image: image106]
Figure 4. Studied configuration for combustors and tanks.

Table 2. Dimensional requirements for thrusters and tanks.

	Number
	Maximum diameter (cm)
	Maximum length (cm)

	1
	20
	30

	2
	10
	30

	3
	10
	30

	4
	10
	30


2.4 Design refinement
The configuration will be evaluated in terms of mass, with the weight of each subsystem calculated based on its occupied volume and the density of the materials used. As previously mentioned, the combustors and tanks will be made of CFRP, with a density of 1750 kg/m³. The injector plates will be constructed from aluminum (ρ = 2700 kg/m³), due to its resistance to corrosion and good machinability [25] while graphite (ρ = 2240 kg/m³) will be used for the nozzles [26]. Nozzle’s thickness is assumed to be 1 cm. The mass of the 24U structure will be obtained from literature sources.

Based on the calculations above, the designed propulsion system meets both mass and volume requirements with a significant margin. This suggests an opportunity for redesign to extend the mission's capabilities. Specifically, it is proposed to increase the [image: image108.png]AV



 requirement by carrying additional propellant and leveraging the HRE's shutdown capability to perform orbit insertion. This would leave the CubeSat with residual propellant for future maneuvering. To implement this, the OF ratio is increased to 4 by raising the oxidizer mass while keeping the fuel mass constant. The system is then re-evaluated to quantify the additional [image: image110.png]AV



 achieved, while accounting for the resulting increases in mass and volume.
3. Results

In order to obtain the desired [image: image112.png]AV



 of 834 m/s, Equations 2, 3, and 4 are used to calculate [image: image114.png]


 which results to be 6.19 kg. (subdivided into 2.06 kg of fuel, and 4.13 kg of oxidizer). A single-tank configuration for the oxidizer results in a tank diameter of 9.57 cm, whereas the dual-tank configuration requires a diameter of 7.00 cm per tank, making it the preferred option. The design of the thruster cluster is reported in Table 3 where the fuel mass per combustion chamber, its diameter and length are reported. The thrust is calculated to be approximately 558 N, distributed equally among the thrusters, as well as the mass flow rate of oxidizer which is 0.1651 kg/s.
Table 3. Thruster characteristics based on the employed configuration.

	Number of thrusters
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 (kg)
	Thruster diameter (cm)
	Thruster Length (cm)
	Thrust (N)
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(kg/s)
	Initial port radius (mm)

	1
	2.06
	9.69
	49.99
	558
	0.1651
	14.5

	2
	1.03
	8.07
	37.09
	279
	0.0825
	10.3

	3
	0.69
	7.27
	31.24
	186
	0.0550
	8.37

	4
	0.52
	6.75
	27.70
	140
	0.0413
	7.25


The selected configuration features four thrusters, as it meets the imposed dimensional constraints while minimizing the oxidizer mass flow rate. This results in a simpler and lighter injection system. For each thruster, the injection system thus requires an oxidizer mass flow rate of 0.0413 kg/s. To achieve this, a total injection area of 0.88 mm² is needed. With five injectors per thruster, each injector will have a diameter of 0.474 mm.

The nozzle design is summarized in Table 4, which presents its characteristic dimensions calculated using Equations 18 to 21.
Table 4. Nozzle design.
	Throat diameter
	0.6628 cm

	Exit diameter
	8.5651 cm

	Convergent length
	2.9445 cm

	Divergent length
	14.7458 cm


Table 5 collects the other main characteristics of this design, while Figure 5 and Figure 6 presents views of the system.

Table 5. System configuration designed to operate at O/F = 2, achieving a ΔV of 834 m/s.

	Number of thrusters
	4

	Number of oxidizer tanks
	2

	Chamber pressure
	20 bar

	Buring time
	25 s

	Total thrust
	558 N

	Spacecraft initial mass
	20 kg

	Propellants mass per thruster
	1.548 kg

	Grain mass
	0.5159 kg

	Grain length
	17.88 cm

	Initial port radius
	7.25 mm

	Final port radius
	3.276 cm

	Pre/post combustion chamber length
	3.276 cm

	Injection system length
	3.276 cm

	Chamber thickness
	1 mm

	Tank external diameter
	7 cm

	Tank thickness
	1 mm

	Tank length
	28.5 cm

	Oxidizer mass flow
	0.0413 kg/s

	Upstream pressure
	53.77 bar

	Injection area
	0.88 mm2

	Number of holes
	5

	Orifice diameter
	0.474 mm
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Figure 5. 3D view of the 24U CubeSat propulsion system, with the upper level housing the two tanks of N2O and the lower section accommodating the four thrusters.
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Figure 6. Side and top views of the proposed system, including main dimensions.
Based on this geometry and employed materials, the total structural mass is calculated to be 5.68 kg. Including the propellant mass of 6.19 kg, the total system mass amounts to 11.87 kg, leaving a margin of 8.13 kg to meet the 20 kg initial mass requirement. As described in the Methods section, the system is redesigned by increasing the oxidizer mass to achieve an OF ratio of 4. This adjustment requires an additional 4.13 kg of N₂O. Consequently, the specific impulse increases to approximately 247 seconds. Using Equation 2, the new achievable [image: image122.png]AV



 is calculated to be 1757 m. The redesigned system parameters are summarized in Table 6.
Table 6. System configuration designed to operate at O/F = 4, achieving a ΔV of 1757 m/s.

	Number of thrusters
	4

	Number of oxidizer tanks
	2

	Chamber pressure
	20 bar

	Buring time for Mars orbit insertion
	25 s

	Total thrust
	1000 N

	Spacecraft initial mass
	20 kg

	Propellants mass per thruster
	2.579 kg

	Grain mass
	0.5159 kg

	Grain length
	12.64 cm

	Initial port radius
	10.25 mm

	Final port radius
	3.93 cm

	Pre/post combustion chamber length
	3.93 cm

	Injection system length
	3.93 cm

	Chamber thickness
	1 mm

	Tank external diameter
	9.94 cm

	Tank thickness
	1 mm

	Tank length
	28.5 cm

	Oxidizer mass flow
	0.0825 kg/s

	Upstream pressure
	53.77 bar

	Injection area
	1.76 mm2

	Number of holes
	5

	Orifice diameter
	0.67 mm

	Throat diameter
	0.9099 cm

	Exit diameter
	11.3145 cm

	Convergent length
	3.480 cm

	Divergent length
	19.415 cm

	Remaining [image: image124.png]AV



 available after orbit insertion
	923 m/s

	Remaining fuel
	0.8981 kg

	Remaining oxidizer
	3.5923 kg


Given the selected geometry and materials, the total structural mass amounts to 7.67 kg. Including the propellant mass of 10.32 kg, the overall system mass reaches about 18 kg. This leaves a margin of 2 kg to the initial mass limit of 20 kg. This remaining margin is considered sufficient and required to account for additional components such as valves, connectors, and other hardware not explicitly included in this study. Therefore, no further modifications to the design are proposed.
4. Conclusions

This study demonstrates the feasibility of employing a 24U CubeSat equipped with a hybrid propulsion system for Mars orbit insertion. An initial design is proposed with an OF ratio of 2, utilizing four thrusters and two oxidizer tanks, which satisfy the system's volumetric constraints. With a margin of 8.13 kg, the mission can be enhanced by increasing the oxidizer mass and adjusting the OF ratio to 4. The redesigned system still meets both mass and volume constraints, this time leaving a 2 kg margin to account for additional hardware not explicitly included in this analysis and maximizing oxidizer tanks dimensions. As a result, the updated configuration not only fulfills the mission requirements but also retains propellant for future maneuvers. This is made possible by the hybrid rocket engine’s shut-off capability, presenting a significant advantage over the original design.
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